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 The SEA-HORSE (Specially Engineered Aircraft & High Orbit Rocket System with re-

Entry) Undenied Supply Delivery System is a concept aircraft, rocket, and orbital 

maneuvering system designed by Orbital IDK in response to a RFP from DARPA (Defense 

Advanced Research Projects Agency). The primary purpose of this system is to deliver 

humanitarian aid and military supplies to areas with limited access. The SEA is a large 

transport aircraft able to take off from any United States Air Force base in the continental 

US and deliver the HORSE 500 nautical miles off of the coast of the most useful body of 

water. The HORSE is a two-stage rocket able to carry a payload of 2,000 kilograms to a 400 

kilometer low earth orbit with any posigrade or polar inclination. The orbital maneuvering 

system, contained within the second stage of the HORSE, is then able to deliver the payload 

to the target location via deorbiting Hohmann transfer. 

 

Constants 

g0  = 9.81 m/s 

R  = 24 hr.  

𝜇Earth = 3.986*105 
𝑘𝑚3

𝑠2  

 

Nomenclature 

L  = lift over wing 

D  = drag over wing 

AR  = aspect ratio 

e  = Oswald efficiency factor 

cd0  = zero-lift coefficient of 

drag (infinite wing) 

a  =  adjusted coefficient of lift 

slope (for aircraft) 

   semi-major axis (for OMS) 

a0  = unadjusted coefficient of lift slope 

Cdi  = induced drag over finite wing 

Clmax = maximum coefficient of lift over finite 

wing 

b  =  span 

s  = average chord length times span 

ΛLE  = leading edge angle of swept wing 

W  = weight 

𝜇𝑟  = coefficient of rolling friction 

TA  = thrust available 

ρ∞  = freestream density 

SLO  = liftoff distance required 

Clα=0 = coefficient of lift at zero angle of attack 

V∞  = freestream velocity 

Φ  = ground effect 

h  =  height of wings above ground (if 

calculating Φ); 
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   altitude (all other uses) 

𝜇  =  coefficient of friction and brakes 

SL  = landing distance required 

E  =  endurance 

ct  =  specific fuel consumption 

W0  = initial weight 

W1  = final weight 

PA  = power available 

vc  =  circular orbit velocity 

r  = circular orbit radius 

∆𝑉  = change in velocity 

∆𝑣𝑑𝑟𝑎𝑔 = Delta-v to overcome drag 

∆𝑣𝑔𝑟𝑎𝑣𝑖𝑡𝑦= Delta-v to overcome gravity 

Isp  = specific impulse 

ve  = exit velocity 

finert  = inert mass fraction 

P  = orbital period 

R/C  = rate of climb 

Cl  = coefficient of lift 

Cd  = coefficient of drag 

tclimb  = time to climb  

PR  =  power required
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II. Aircraft 
 

A. Air Force Base Data  

This mission was primarily constrained by our aircraft/rocket system taking off from any mainland United 

States Air Force Base. To begin parameterizing our design we constructed an excel file that listed all Air Force 

Bases (AFB), elevation at those bases, runway lengths, runway surfaces, and distances to the Atlantic, Pacific, and 

the Gulf of Mexico. From this data we concluded that: The minimum takeoff elevation was 2 m, max elevation was 

1726 m, max Atlantic distance was 2,315,000 m, max Pacific distance was 2,160,000 m, and the max Gulf distance 

was 2,032,000 m. The entirety of our data is included in Appendix C. The maximum distance our system will have 

to travel would be twice the distance from the furthest AFB from any of the three large bodies of water - which in 

our case was the Minot Air Force Base in North Dakota (2,315,000 m away from the Atlantic Ocean). Along with 

this distance an additional 1,000 nautical miles (500 nautical away from the coast and back – 1,852,000 m) to ensure 

no risk was associated with the mainland United States in the event where something were to go wrong during the 

launch of the rocket. The maximum distance calculated was 5,916,000 m or the minimum range the aircraft will 

need for this mission. Along with distances we also recorded the coefficient of friction values for the three different 

types of surfaces (Asphalt, PEM – mixture of asphalt/concrete, Concrete) to be 0.4, 0.45, 0.421. The minimum 

runway distance for these three different types of surfaces was recorded to be: 1,829 m, 2,805 m, and 2,326 m. 

 

B. Preliminary Design 

When designing the aircraft with an objective of launching a rocket off its fuselage we took into 

consideration current models. Based off these models we took the best of each system while staying true to 

feasibility. Some of the aircraft we considered were the Lockheed Martin L101 (the plane that housed the Pegasus 

rocket), the B-52 Stratofortress, and the Lockheed C-5 Galaxy. The primary focus was on large transport aircraft, as 

we knew we couldn’t replicate the L101 since the size of the rocket it housed was significantly smaller than that of 

this mission. So we modeled our aircraft after the B-52, since it is a larger aircraft that can carry a larger payload of 

up to 70,000 kg2. Our choice of airfoil, wing span, chord length, size of control surfaces, and engine placement 

primarily relied on a similar design to that of the B-52. Cost, weight, aircraft size, and complexity were the main 

priority in the preliminary design phase of this project. 

 

C. Wings 

1. Airfoil Profile 

 The airfoil for the purposes of this task was judged to be optimal if it possessed a balance between camber, 

maximum lift, minimum profile drag, and maneuverability at takeoff and landing. To choose an airfoil, fourteen 

NACA airfoils were compared under the parameters of profile drag coefficient, maximum lift coefficient, attack 

angle at zero lift, maximum lift to drag ratio, lift curve slope (adjusted for downwash), stall angle, and maximum 

induced drag.  

Table 1. Comparison of NACA airfoils3 

NACA 

airfoil 

Cd0 max 

Cl 

stall angle 

inf. wing 

0 lift 

angle 

lift curve 

slope 

L/D max Adjusted lift 

curve slope 

Stall 

Angle 

Max Cdi 

1408 0.0055 1.3 13 -1 0.092857143 24.89791635 0.092229179 13.09532 0.123919033 

1412 0.006 1.6 15 -1 0.1 23.83794004 0.099272089 15.11732 0.187711672 

2412 0.0065 1.7 18 -2 0.085 22.90275198 0.084473509 18.12465 0.211908879 

2415 0.0065 1.6 16 -2 0.088888889 22.90275198 0.088313284 16.11732 0.187711672 

4412 0.0065 1.6 14 -4 0.088888889 22.90275198 0.088313284 14.11732 0.187711672 

4415 0.007 1.55 14 -4 0.086111111 22.06964403 0.08557081 14.11365 0.176163004 

23012 0.006 1.7 17 -1.5 0.091891892 23.83794004 0.091276872 17.12465 0.211908879 

63-210 0.0045 1.5 14 -1 0.1 27.5256822 0.099272089 14.10999 0.164980961 

64-210 0.005 1.45 13 -2 0.096666667 26.11315497 0.095986309 13.10632 0.154165543 

65-210 0.004 1.3 11 -2 0.1 29.19539481 0.099272089 11.09532 0.123919033 

0006 0.005 0.85 9 0 0.094444444 26.11315497 0.093794903 9.062326 0.05297722 
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0009 0.005 1.3 13 0 0.1 26.11315497 0.099272089 13.09532 0.123919033 

65-006 0.0035 0.85 10 0 0.085 31.2111899 0.084473509 10.06233 0.05297722 

65-009 0.004 1 10 0 0.1 29.19539481 0.099272089 10.07332 0.073324872 

 

 Information regarding profile drag (Cd0), maximum lift coefficient (Cl), attack angle at zero lift, stall angle of 

infinite wing, and lift curve slope were obtained from NACA experimental data. To calculate the maximum lift to 

drag ratio, Eq. (1) was used for each airfoil.  

𝐿

𝐷
𝑚𝑎𝑥 =

√𝜋𝐴𝑅𝑒

2√𝐶𝑑,0
    (1) 

To calculate the adjusted lift curve slope, Eq. (2) was used to account for downwash on a finite wing, where ‘a’ and 

‘a0’ represent the adjusted and unadjusted lift curve slope, respectively. 

𝑎 =
𝑎0

1+
𝑎0

𝜋𝑒𝐴𝑅

 (2) 

The adjusted stall angle of attack was found simply by dividing the maximum lift coefficient by the adjusted slope 

and adding the angle of attack at zero lift. The maximum induced drag coefficient (Cdi) was calculated using Eq. (3). 

𝐶𝐷,𝑖 =
𝐶𝐿,𝑚𝑎𝑥

2

𝜋𝑒𝐴𝑅
 (3) 

To determine which airfoil would operate best for the USDS, each parameter was considered. While all of 

the four digit NACA airfoils plus airfoil 23012 possess high lift coefficients, induced drag would be greater along 

these wings, evidenced by the high induced drag coefficients. Also, these wings tend to have greater camber than 

others they were compared to, which would result in a smaller critical Mach value along the wings. Given that the 

aircraft would be travelling close to or above sonic speeds, the increase in wave drag that results from large camber 

was determined to be unsuitable for the USDS aircraft. Airfoils 0006, 0009, 65-006, and 65-009 possessed little to 

no lift at a zero angle of attack, and also had generally smaller stall angles than other airfoils. From the stall angle 

values, it was determined that these airfoils would also be unsuitable for the USDS, as this would negatively impact 

the overall maneuverability of the aircraft. Also, the relatively low lift coefficient values would be a detriment to 

takeoff performance, making these airfoils unsuitable for the USDS aircraft that must be able to takeoff from the 

shortest air force base runway. After these deductions, airfoils 63-210, 64-210, and 65-210 were considered to be the 

three best options. In the end, airfoil 63-210 was chosen to be the airfoil model for the USDS aircraft. While all 

three airfoils possessed a good balance in the parameters measured, the high stall angle of attack and maximum lift 

coefficient, combined with a relatively low profile drag, put airfoil 63-210 above the others for the purposes of the 

USDS aircraft. The high maximum lift coefficient of 1.5 would be beneficial for takeoff distance, while the small 

profile drag would benefit overall aircraft performance (thrust/power required, range, endurance, takeoff distance). 

 

2. Aspect Ratio/Efficiency 

 The aspect ratio (AR) of our wings is 8.56. This was calculated using Eq. (4): 

 

𝐴𝑅 = 𝑏2/𝑠 (4) 

 

In Eq. (4), b is the wing span of 56.4 m, and s is the chord length multiplied by the wing span. The variable s varies 

over the length of the wing, because the chord length of the airfoil varies over the length of the wing. For simplicity 

our chord length changed linearly as a function of the wing span, so average chord length of 6.59 m was used to 

compute AR.  

The Oswald Efficiency Factor (e) for our aircraft was calculated using Eq. (5)4: 

 

𝑒 ≈ 4.61(1 − 0.045𝐴𝑅0.68) cos(𝛬𝐿𝐸)0.15 − 3.1 (5) 
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In Eq. (5), 𝛬𝐿𝐸 is the angle of the leading edge of 35 degrees as shown in Figure 1. Using these values we will later 

show the calculations used to attain liftoff/landing distance, service ceiling, minimum velocity at cruising altitude, 

and various other calculations.  

 

3. Design Features  

 The wings of our aircraft will be swept with a leading edge 

angle of 35 degrees. The primary reason for this sweep is avoid the 

shock waves deflecting off the nose of the aircraft, as this plane 

will go above Mach 1 at a certain point in its climb to the launch 

altitude before slowing down. The rocket will not launch near 

Mach 1, but its mountings onto the fuselage will be strong enough 

to resist damage at high speeds. The rocket will be mounted as 

shown in Figure 2 similar to how the Lockheed Martin L101 

housed the Pegasus XL. The wings will also have a 5 degree 

anhedral angle to allow for more maneuverability in the roll 

moment. Most large transport military aircraft possess an anhedral 

because their large wings provide an incredible amount of lateral 

stability5. This is the main reason why it was decided to add a 

small anhedral to our wings. Another feature we will take into 

consideration when manufacturing the wings is a slight 

cutback/notch (decrease in chord length) near the tips of the 

wing shown in Figure 1. This reduces the wing area near the 

tips, effectively reducing some of the downwash encountered 

during flight.  Weight reduction of the aircraft is also taken 

into consideration when designing that section of the wing, 

since the engines are near the base of the wing, the end of the 

wing doesn’t need definite structural strength. While winglets reduce the downwash and drag near the tips of wings, 

they drive the weight of the aircraft to increase and also add a level of complexity to the design that is not that 

beneficial in the current design phase6. Large transport aircraft are mostly concerned with weight and winglets add 

weight, but in future missions we look to take into consideration the possibility of winglets.  

 

D. Engines 

The main source of thrust for the design of our aircraft 

will come from the Pratt & Whitney F-135 F119-PW-100 

turbofan engine as shown in Figure 3. Four of these engines will 

be mounted below the wings producing a total dry thrust of 

roughly 500,000 N (125,000 N each)7. This engine typically 

comes with a General Electric F120 alternate core engine as an 

afterburner, however this will not be included in our final 

design7. There are several reasons why this will not be included: 

added weight, added cost, added complexity, redundancy. Our aircraft is classified as a large transport vehicle, so 

maneuverability at high speeds (above Mach 1) is not needed, and the thrust provided by the F-135 is sufficient. The 

selection of the Pratt & Whitney F-135 engine results from a concept we will be using during the launch of our 

rocket. To minimize risk, we will slow down our aircraft to the 

slowest speed as attainable. The concept of thrust vectoring, similar 

to rockets, will be used near the rocket launch altitude. As proven 

by the F-35B Lightning II, shown in Figure 4, this engine can 

perform vertical takeoff and landing on small aircraft8. So we will 

use a similar method to vector the engine thrust upward negating a 

portion of the weight in the y direction. This will slow the aircraft as 

much as possible during the launch of the rocket. Once the aircraft 

reaches ideal altitude and cruising speed, the F-135 engines will 

vector thrust down towards the surface of the Earth, providing an 

Figure 2. Lockheed Martin L101 Pegasus 

Housing 

Figure 1. Wing Sweep of 35 Degrees 

and Wing Notch 

Figure 3. F-135 Engine Interior 

Figure 4. Sources of Thrust in the F-35B 

𝛬𝐿𝐸 
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additional force upwards along with lift. We realize that our aircraft is too large to completely compensate for the 

entire weight, however this method still provides a substantial decrease in velocity, which we will later explain and 

express during the rocket launch section. Thrust vectoring does help slow our plane down and maintain our altitude, 

but it does at a great significance of complexity. Besides just the four main engines providing thrust, our design calls 

for additional thrust vents to provide stability about the center of mass of the aircraft as shown in Figure 5.  These 

will be placed around the fuselage and as shown below: 
These will only be used to reorient 

the aircraft if it is pitch unstable, as 

control surfaces will be used to stabilize 

the other two moments about the aircraft 

(roll - ailerons, yaw - stabilizers). This 

will be discussed in depth in the control 

surfaces section. The pitch moment will 

drastically be affected by the thrust 

vectoring method, so we will use these 

additional thrust ports to stabilize the 

aircraft along with the horizontal 

stabilizer. These extra ports are a concept 

directly borrowed from the design of the 

F-135B lightning and have proven to 

work effectively.  

 
E. Mass 

The mass of our aircraft was first inspired by the L101 since it housed the Pegasus series of rockets. We 

noticed that the Pegasus was 14 % of the total mass of the entire system9. However, our rocket will house a greater 

payload mass (2,000 kg) than any of the previous Pegasus series rockets9. Therefore, we concluded that the rocket 

will make up around 20 % around entire system since it will act as a drop tank, where a drop tank for aircrafts can 

vary from 15% - 40% of the total mass8. So as an initial estimation, this seemed very reasonable. We first assumed 

our entire system mass to be roughly 200,000 kg. In section I-G-3, we calculate the service ceiling. Using a 

procedure described in section III-F, we calculated the initial mass of our entire system using this service ceiling to 

roughly calculate a mass of 150,000 kg at takeoff. This value seemed very reasonable based off of our research on 

existing aircraft systems. Therefore we concluded this process to be accurate. Based on these values and Eq. (6), 

 

𝐶𝑜𝑠𝑡𝑎𝑖𝑟𝑐𝑟𝑎𝑓𝑡 = $1000(𝑚𝑎𝑠𝑠𝑓𝑢𝑒𝑙) + $10,000(𝑚𝑎𝑠𝑠𝑖𝑛𝑒𝑟𝑡) (6) 

 

we concluded that our plane costs a total of $860M. The mass of fuel will be discussed in section I-F-1.  

 

F. Sea-Level Flight 

1. Takeoff 

 Our aircraft will takeoff from various altitudes on different surfaces. Table 2 below shows lowest altitude for 

each surface, and the coefficient of rolling friction1.  

Table 2. Coefficient of Friction, Lowest Altitude, and Minimum Runway Distance Data 

Surface Type Coefficient of Rolling Friction [𝜇𝑟] Lowest Altitude (m) Minimum Runway Distance (m) 

Asphalt 0.02 4 1,829 

PEM 0.04 2 2,326 

Concrete 0.05 5 2,805 

 

The reason why we decided compare our aircraft at the lowest altitudes is because drag is maximized at 

low altitudes which hurts performance during takeoff (lift is increased too, but drag is affected more as shown by 

Eq. (3)). Using these values minimum takeoff distance is given by Eq. (7), (8), (9), (10), (11), and was calculated 

using python Function (1). 

𝑆𝐿𝑂 =
1.44𝑊2

𝑔𝐶𝑙𝑚𝑎𝑥𝜌∞𝑠[𝑇𝐴−(𝐷 + 𝜇𝑟(𝑊−𝐿))]𝑎𝑣𝑔
 (7) 

Figure 5. Positioning of thrust vents in our aircraft 
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𝐿 = 𝐶𝑙𝛼=0(
1

2
𝜌∞𝑉∞

2)𝑠  (8) 

D = 𝐶𝑑0 + 𝛷
𝐶𝐿,𝑚𝑎𝑥

2

𝜋𝑒𝐴𝑅
 (9) 

𝛷 =
(

16ℎ

𝑏
)2

(1+
16ℎ

𝑏
)2

 (10) 

𝑉∞ = 0.7(1.2)√
2𝑊

𝜌∞𝑠𝐶𝑙𝑚𝑎𝑥
 (11) 

Using these equations, the minimum liftoff distances are represented by Table 3: 

 

Table 3. Minimum Liftoff Distances for Different Surface Types 
Surface Type Minimum Takeoff Distance Required (m) 

Asphalt 982.03 

PEM 1044.43 

Concrete 1078.70 

 

These values are significantly below the maximum runway distance given by the AFB. One may realize 

that the minimum altitudes may not correspond to the minimum runway distance, but this was used to calculate the 

worst possible scenario for our aircraft as we want show that not only can our aircraft function within the 

parameters, but can perform under extreme conditions. However the assumptions we do make is that the temperature 

along with inclement weather in the region does not significantly affect our aircraft. These can only be shown 

through experiments, which we have not yet had the time to conduct.  

2. Landing 

 Our aircraft will land at various altitudes on different surfaces. Table 4 below shows highest altitude for each 

surface, and the coefficient of rolling friction1. 

Table 4. Coefficient of Friction, Highest Altitude, and Minimum Runway Distance Data 
Surface Type Coefficient of Rolling Friction [µ] Highest Altitude (m) Minimum Runway Distance (m) 

Asphalt 0.4 955 1,829 

PEM 0.43 1,726 2,326 

Concrete 0.45 1,600 2,805 

 

The reason why we decided compare our aircraft at the highest altitudes is because drag is minimized at 

high altitudes which hurts during landing. The equations used to calculate the landing distance are Eq. (12) and Eq. 

(13), as well as Function (2): 

 

𝑆𝐿 =  
1.69𝑊2

𝑔𝐶𝑙𝑚𝑎𝑥𝜌∞𝑠[𝐷 + 𝜇(𝑊−𝐿)]𝑎𝑣𝑔
 (12) 

 

𝑉∞ = 0.7(1.3)√
2𝑊

𝜌∞𝑠𝐶𝑙𝑚𝑎𝑥
 (13) 

 

Table 5. Minimum Landing Distances for Different Surface Types 
Surface Type Minimum Landing Distance Required (m) 

Asphalt 613.86 

PEM 571.33 

Concrete 546.11 
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These values are significantly below the maximum runway distance given by the AFB, so we can conclude 

that our aircraft with the rocket housed during takeoff and empty during landing will have an excess amount runway 

distance. The values above were calculated at the flaps at a zero degree angle of attack. Since the values of the 

minimum landing distance are significantly below the minimum landing distance available, we didn’t feel it 

necessary to calculate the landing distance required with our flaps extended. This would only lower the distance 

required.   

F. Flight 

1. Range and Fuel inert mass 

The fuel weight and the inert weight estimations for the plane came from similar systems. Table 6 shows 

that the average inert value for large transport. 

 

Table 6. Inert Mass Fraction Values 

Plane Inert Mass Fraction 

B-52 0.378410 

C-130H 0.489311 

Airbus A400M 0.54212 

Airbus Beluga 0.5513 

The table demonstrates that large transport aircraft have an inert mass fraction that is in the range of 37 to 55% of 

the total aircraft weight. For the Pegasus system, which is similar to our current design, the inert mass fraction is 

55%9. 

 

Table 7. Fuel Mass Fraction Values 

Aircraft Fuel Mass Fraction 

Boeing 777-200-IGW 0.473514 

B- 767 0.419314 

An-225 Mriya 0.4687515 

B-52 0.639716 

 

On average, aircraft have a fuel faction that is between 25 and 45 percent. However, in cases like the 

Boeing 777 and the B-2, which are long range aircraft, the fuel 

mass fraction can be even higher. The graph of fuel mass 

fraction values versus the range is shown below. The 

horizontal line represents the range that our system needs to 

attain in order to meet the design specification.  

For a weight of 150,000, the minimum fuel 

percentage required to reach the range required is 17. 

Therefore, if the fuel percentage is higher than the minimum, it 

will be able to reach the required range. 

By calculating a balance between the rocket mass 

fraction, the fuel mass fraction, and inert mass fraction, we 

found that the best split was 55% inert mass, 21.3% rocket 

mass, and 23.7% fuel. The inert mass value is reasonable 

because Table 6 shows that similar aircraft have inert mass 

values in this range. The fuel mass fraction is reasonable 

because this amount of fuel is able to attain the range that is 
Figure 6. Fuel Fraction vs. Range 
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required for this project, as shown in Table 7. The Pegasus, a similar system to our design has a 20% rocket mass 

fraction9. Since the rocket mass is fixed, we based the rocket percentage off of what would be under the maximum 

weight for the takeoff distance. We balanced values that were reasonable for each mass fraction, as well as mass 

values that could still attain our system requirements. The range for our aircraft if the rocket has to stay on the 

aircraft is 8,820,916 meters. 

To calculate the mass at each stage, we utilized the minimum range that the aircraft would need to attain. 

We split the overall range into 2, so it would be 2,958,000 meters. Then, we utilized Eq. (14) to calculate the mass at 

each phase. 

The first phase is the initial mass of the rocket, or 150,000 kilograms. The second phase is the amount of 

fuel that it takes to get to the 500 nautical miles off the coast from an Airforce base in North Dakota. The third phase 

is after the rocket has been dropped. In our calculations, we treated the rocket like a drop tank. This is because the 

weight will be ‘dropped’ after a specific distance in order to start its travel to orbit. The last phase is the amount of 

fuel that it takes the aircraft to return to its starting Airforce base after the aircraft has been dropped. For our rocket, 

the initial mass is 150,000 kilograms. The weight at phase two is approximately 137,543 kilograms. At phase three, 

the mass is 105,543 kilograms. Finally, phase four is 95,138 kilograms. Table 8 shows the mass at each phase. This 

fuel consumption is based off of how much the system would consume to attain the maximum 5,916,000 meter 

range. 

 

 

Table 8. Mass at each Phase 

Phase Mass (kilograms) 

1 150,000 

2 137,543 

3 105,543 

4 95,138 

 

2. Endurance 

 To calculate the total endurance of the SEA aircraft, two separate phases must be considered. The first phase is 

from the point of takeoff to the point at which the HORSE rocket is delivered. The second phase is from the point of 

rocket delivery to landing. Eq. (15) describes the endurance of the aircraft. 

𝐸 =
1

𝑐𝑡
(

𝐿

𝐷
) ln

𝑊0

𝑊1
 (15) 

For the first phase, W0 is equal to the total weight of the aircraft at takeoff, including payload, fuel, and inert mass. 

In this phase W1 is equal to the weight of the aircraft just before it drops the HORSE rocket. In the second phase, W0 

is equal to the aircraft weight just after it drops the rocket, and W1 is equal to the aircraft weight at landing. For the 

case where fuel mass is at a maximum, the overall endurance will be at a minimum. The sum of the two endurance 

values produces an overall minimum endurance of 5.2 hours. In another case where fuel mass is at a minimum, the 

overall endurance will be at a maximum. The sum of the two endurance values in this case would be 17.6 hours. 

3. Service Ceiling/Time to Climb 

 The calculation of the service ceiling was essential to the mission. Service Ceiling is given by the Python 

Function (3) using the following Eq. (16), (17), and (18): 

 
𝑅

𝐶
=  ∫

𝑃𝐴−𝑃𝑅

𝑊

𝑉

0
𝑑𝑉 (16) 

 

𝑃𝑅 =  
𝑊𝑉∞

𝐶𝑙

𝐶𝑑

 (17) 
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𝑃𝐴 = 𝑇𝐴𝑉∞ (18) 

 

These equations can help to solve for the service ceiling when R/C or rate of climb equals 100 ft./min or 0.51 m/s. 

We found this altitude to be 54,372.91 ft. or 16572.86 m. Using an altitude of 53,000 ft. or 16154.4 m that is above 

most commercial aircraft and slightly below our service ceiling the time to climb is given by the Eq. (19): 

 

𝑡𝑐𝑙𝑖𝑚𝑏 =  ∫
𝑑ℎ
𝑅

𝐶

16,154.4 𝑚

0
 (19) 

 

Eq. (19) gave us a result of 3.35 hours. 

 

G. Stability 

1. Horizontal Stabilizer 

 The horizontal stabilizer of our aircraft is relatively large compared to 

most smaller aircraft as shown in Figure 7. The reason for this is to account 

for stability in the pitch moment during the thrust vectoring phase of the 

rocket launch. The large stabilizer along with the thrust vents will help 

counteract a small pitch moment created when a portion of the thrust is 

directed in the y-direction. One may ask if this will slow the aircraft down as 

drag over the horizontal stabilizer increases. This is true, however the relative 

small change in velocity can be negligible as the vents will direct even a 

greater thrust in the y-direction.  

 

2. Vertical Stabilizer 

 The vertical stabilizer or fin of our aircraft is exactly the same dimension as the fin of the B-52 Stratofortress. 

Since our aircraft weighs and is designed to be very similar to the B-52, we assume that the yaw moment about the 

aircraft will be stable with this size.  

 

3. Ailerons 

 At any moment in our flight path, the roll moment of our aircraft will be controlled by the ailerons, and not the 

flaps, as the flaps will be only used during landing. The reason why is because flaps cause a yaw moment across the 

aircraft which in return cause the vertical stabilizer to correct this moment. Therefore, ailerons will be used to 

simplify the maneuver.  

 

H. Flight Profile 

1. Takeoff to Cruising Altitude 

 The aircraft system will launch at the full dry thrust of 500,000 N. It will remain at this thrust up until it gets to 

an altitude of 16,154.4 m. At this altitude the thrust of the engines will power down to about 94% of thrust. Once we 

reach 500 nautical miles away from mainland United States the main engines will begin thrust vectoring. The time 

to get to cruising altitude will vary from AFB to AFB (different elevations), the maximum time to climb was 

discussed previously in section II-F. 

 

2. Launch of Rocket 

 At the cruising altitude, the lowest possible freestream velocity possible is 341.2 m/s. This velocity is above 

Mach 1, and increases the complexity and risk of the rocket launch. Therefore the concept of thrust vectoring is 

essential to our design. The four F153 engines will angle at 4.51 degrees above the horizontal. This will give an 

initial 7.4% dry thrust in the y-direction. At this moment the thrust of the four main engines will be lowered to 

76.23% dry thrust. This gives a 6% dry thrust in y-direction as shown in Figure 7.  

Figure 7. A preliminary CATIA model 

of the SEA 
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This effectively balances the aircraft at the altitude of 16,154.4 m while lowering the freestream velocity to 

307.3 m/s (which is below Mach 1). We could attain a lower velocity by increasing the angle, however this creates a 

considerable increase in the pitch moment in which the horizontal stabilizer or the thrust vents may not be able to 

counter. Since this is relatively a new technology we will not push the limits of the thrust vectoring concept for this 

mission. However for future designs we will experiment and further test this concept.  

 

3. Descent 

 After the rocket has launched from the aircraft, the aircraft will immediately return to the AFB it took off from 

(unless directed otherwise). The descent of the aircraft will not require much thrust at all, as the Python Function (4) 

we confirmed that 40% of dry thrust is all that’s needed on the descent to the AFB as shown in Figure 8: 

 
 

Figure 9. Percentage of Dry Thrust with respect the different phases. 0 – Engines Ignite, 1 – Takeoff, 2 – 

Cruising Altitude Reached, 3 – Cruising Altitude Maintained, 4 – Thrust Vectoring, 5 – Descent, 6 – 

Touchdown/Power down 

 

III. Rocket System 

 
A. Overview of Rocket System 

 The HORSE rocket system consists of two stages. The first stage consists of a Kosberg 8D43 engine, which 

burns N2O4/UDMH propellant. This stage also features the rocket’s control surfaces: two tail fins, a vertical 

stabilizer, and a delta wing. The second stage is powered by an RL-10B-2 engine, which burns LOx/LH2 liquid 

propellant. This second stage also includes the Orbital Maneuvering System. 

 

B. Delta-v to Reach Orbit 

The Delta-v that our rocket must achieve can be considered in five components: 

1)  Delta-v to reach the desired orbital velocity, assuming no additional obstacles 

2)  Delta-v to steer 

3)  Delta-v to overcome drag 

4)  Delta-v to overcome gravity 

5)  “Free Delta-v” from the velocity of the aircraft at takeoff. 
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Our final system must be capable of achieving its mission in the least desirable situation. Thus, we designed the 

HORSE to be capable of achieving a 400km circular orbit with no assistance from the Earth’s rotation – as if the 

rocket were entering a polar orbit. This is because our rocket may be required to launch at various azimuths 

depending on specific launch and delivery locations. This is further explained in Section VI. 

As previously stated, the minimum velocity of our aircraft at its service ceiling is 307 m/s. However, it should be 

noted that because the characteristics of our aircraft are dependent on those of our rocket, we did not have this 

number when we began our design process. We can approximate steering losses to be 200 m/s. We used Eq. (20), 

(21), and (22) to calculate the additional Delta-v values. 

 

𝑣𝑐 =  √
𝜇𝐸𝑎𝑟𝑡ℎ

𝑟
        (20) 

 

 ∆𝑣𝑑𝑟𝑎𝑔 =  {
150 − 0.0075ℎ (

𝑚

𝑠
) , 0 ≤ ℎ ≤ 20,000 (𝑚)

0                  (
𝑚

𝑠
) , ℎ > 20,000 (𝑚)

  (21) 

 

 ∆𝑣𝑔𝑟𝑎𝑣𝑖𝑡𝑦 =  {
1500 − 0.075ℎ (

𝑚

𝑠
) , 0 ≤ ℎ ≤ 20,000 (𝑚)

0                   (
𝑚

𝑠
) , ℎ > 20,000 (𝑚)

  (22) 

  

Using these values, we created a function to calculate 

the total Delta-v that our rocket must achieve, given the 

altitude from which it launches (Function (11)). We plotted 

the results for various altitudes, starting at the minimum 

launch altitude of approximately 12,192 m or 40,000 ft 

(10,000 ft above the typical commercial airline altitude). 

 From Figure 9 it is clear that a higher launch altitude 

will decrease the Delta-v our rocket must acquire, 

decreasing the overall mass of our rocket, which will in turn 

decrease the necessary mass of our plane. Overall, a higher 

launch altitude results in a lower cost. However, this is only 

true up to a point; once the launch point ascends beyond 

20,000 m, there are no longer any gravity or drag losses to 

account for; only steering loss, which is constant. Thus, we 

determined it would be unnecessary to attempt to launch 

from a point higher than 20,000 m above sea level. 

 This Delta-v function would later be used to find the final masses and cost of our system. This will be described 

in Section III-F. 

 

C. Propellant Options 

 In the development of the HORSE, we considered several propellants including solid propellants, liquid 

bipropellants, and monopropellants. We weighed solid propellant options such as Ammonium Perchlorate 

Composite Propellant. Additionally, we thought of liquid propellant options like Liquid Oxygen and Kerosene, 

Liquid Oxygen and Hydrogen, Nitrogen Tetroxide and Hydrazine and Nitrogen Tetroxide and Unsymmetrical 

Dimethyl Hydrazine (UMDH). For monopropellants, we considered Hydrogen Peroxide. 

APCP was an option because of its success on the space shuttle. The specific impulse of APCP is 242 seconds at 

sea level, and 268 seconds in a vacuum17. This propellant was considered because of its high thrust to weight ratio, 

and the simplicity of a solid propellant. One downside of APCP is that the motors for it are antiquated. If these 

motors were to be used, they would require extensive testing to ensure that they had not deteriorated over time. 

Kerosene fuel with liquid oxygen oxidizer provides a high thrust to mass ratio, which means that it gives more 

force than its hydrogen-fuel counterpart, but for a shorter time period. Kerosene boasts a high energy density, which 

Figure 10. Delta-v to achieve orbit as a function of 

launch altitude. 
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means that it requires a smaller tank, and therefore a smaller inert mass. One shortcoming of LOx/Kerosene 

propellant is that is produces a residue after combustion that is known to clog rocket components18. Another 

shortcoming is that kerosene has a negative impact on the environment when compared to other fuels, such as liquid 

hydrogen19. An important consideration that has to be made for kerosene is that kerosene has several special grades. 

This means that there are variants in physical properties among kerosene fuels depending on how it was created. In 

addition, LOx is moderately cryogenic, which leads to difficulties in storage and transport as well as more complex 

fueling systems. 

Liquid oxygen/liquid hydrogen propellant (LOx/LH2) provides a very high specific impulse. From an energy 

perspective, liquid hydrogen is the only known fuel suitable for flight that can be produced from renewable energy 

and create extremely low emissions19. However, it accelerates slower, which means that it spends more time in 

higher gravity. Additionally, LOx/LH2 is a very cryogenic propellant. This means that storing and transporting this 

propellant can be quite expensive, and systems that use LOx/LH2 propellant are typically quite complex. Liquid 

hydrogen is also hard to acquire in a short time frame, and is less dense than other fuels, requiring a larger tank for 

storage. These characteristics make this propellant generally unpopular for missions that require a quick launch20. 

Thus, if we were to use LOx/LH2 propellant, we would need reason to believe it offers a very significant benefit to 

our overall system. 

Nitrogen Tetroxide and Hydrazine (N2O4/Hydrazine) is another possible liquid propellant option. This 

propellant was considered because the Space shuttle uses hypergolic propellants in its Orbital Maneuvering 

System17. One factor we took into account is that hydrazine is highly toxic. Additionally, it has a low exposure limit, 

which means that workers cannot be around this propellant for long periods of time21. Another downside of this 

propellant is that it is hypergolic, meaning that it ignites very easily22. For these reasons, Hydrazine has been 

replaced by UDMH as fuel for N2O4 in all existing rockets – as such, we determined that it would be more 

reasonable to consider N2O4/UMDH as a propellant option. 

Unlike Hydrazine, UMDH is easy to store, especially when compared to the other propellants listed. This is 

because it has a boiling point of 63 °C. Similar to Hydrazine, however, UMDH is hypergolic. This mitigates the 

need for a complex ignition system, but increases risk of failure. UMDH is also highly toxic23. 

One monopropellant that we considered was hydrogen peroxide, H2O2. Some of the advantages of this 

propellant are that it is non-cryogenic, dense, and easy to store. Additionally, it has a low rate of decomposition24. 

However, monopropellants also have a very low specific impulse compared to solid propellants and bipropellants. 

Because of this, we concluded a monopropellant would not be feasible for a rocket that must reach LEO. 

The specific impulse values of each propellant are given in the table below. 

 

Table 9. Isp values for possible propellants 

 

 

 

 

 

 

 

 

D. Rocket Staging 

 In order to allocate the total ΔV required to reach a 400km circular orbit, the HORSE had to be staged 

to minimize the total mass. For the purposes of this task, only two-stages or three-stages were considered. This was 

in order to keep the rocket efficient but reliable, as more than three stages could compromise the safety of the 

system. We should note that, because we had to determine the number of stages early in our design process, we 

could not use exact values to do so – only rough estimates. To make this decision, we wrote a python function, 

Function (5), to determine the optimal Delta-v split between three stages of a rocket. 

Taking inputs of a total ΔV of 8182 m/s (a rough approximation), possible sea level specific impulses for 

the first and second stages, possible vacuum specific impulse for the third stage, and inert mass fractions determined 

from existing rockets, Function (6) created a plot of the rocket mass as a function of the specific mass fraction of 

each stage. Specific impulse and inert mass fractions were attained from existing data discussed in section III-C. Eq. 

(23) was used for calculating the mass of each stage, under the assumption that the exit velocity of the engine at 

work is equal to the product of the gravitational acceleration of Earth and the specific impulse of the propellants: 

Propellant Sea-level Isp (s) Vacuum Isp (s) 

APCP (Solid)16 242 268 

N2O4/UMDH (Liquid bipropellant)23 285 333 

N2O4/Hydrazine (Liquid bipropellant)22 292 339 

LOx/Kerosene (Liquid bipropellant)18 300 353 

LOx/LH2 (Liquid bipropellant)25 391 451 

H2O2 (Monopropellant)26,24 117 161 
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𝑚 =
𝑚𝑝𝑎𝑦𝑙𝑜𝑎𝑑𝑒

∆𝑉
𝑔0𝐼𝑠𝑝(1−𝑓𝑖𝑛𝑒𝑟𝑡)

(1−𝑓𝑖𝑛𝑒𝑟𝑡)𝑒

∆𝑉
𝑔0𝐼𝑠𝑝

     (23) 

 

For Eq. (23), mpayload represents the mass of the next stage, so the payload of the first stage would be the 

second stage and the payload of the second stage would be the orbital maneuvering system. Specific impulse and 

inert mass fraction are those of the stage of which 

the mass is being found. The total mass would 

therefore be the result from the first stage. In order 

to find the minimum value of this total mass, a 

program was used to find the resultant mass for 

different amounts of ΔV provided by the first, 

second, and (potential) third stages. As shown by 

Figure 11, our function determined that the optimal 

split nearly eliminates the second stage of the 

rocket, from which we concluded that the HORSE 

should have two stages. This is also clear from the 

plot, which appears very similar to a plot of initial 

mass versus Delta-v split for a two-stage rocket. 

Note that this program was simply used to 

determine the optimal number of stages, not the 

final rocket mass. 

 In addition to the results of this program, we 

had other reasons to support the use of two stages. 

The two stage system is inherently reliable, 

reducing failure modes compared to rockets with more stages. These reasons, combined with the results displayed 

above, led to our decision of a two-stage rocket. 

 

E. Determining Vehicle Specifications 

Once we had determined the number of stages, we continued our design of the HORSE with five characteristics 

in mind: 

 1) The fraction of total Delta-v to be achieved by each stage 

 2) The propellant and engine used in each stage 

 3) The inert mass fraction of each stage 

 4) The mass values of each stage (m0, mpay, minert, & mprop) 

 5) The final cost of the rocket 

 However, many of these characteristics depend on others; for example, one must know the inert mass fraction 

and propellant/engine of a stage, along with the Delta-v that it must achieve, in order to calculate the mass values for 

that stage; and the mass values of each stage are necessary to calculate the final cost of the rocket. To resolve this 

issue, our design process had to be based upon existing rocket data.  

After much research, we discovered a comprehensive, reliable table of mass characteristics for 56 historical 

rocket systems (Appendix A). We transferred the data for Isp, payload mass, initial mass, and inert mass fraction into 

a python Function (7). This function uses this data, along with the payload mass of a rocket, Delta-v required of that 

rocket, and the Isp of that rocket’s propellant, to determine the mass values of that rocket. This is achieved by calling 

another Function (8), that accepts payload mass, Delta-v, Isp, and finert as inputs and uses Eq. (24), (25), and (26), and 

(27) to calculate the rocket mass values. Note that Eq. (24) assumes that the exit pressure of our rocket engine is 

equal to the freestream pressure.  

Function (7) determines its final values by guessing m0 of the rocket based on the payload mass and historical 

data, finding a historical rocket with similar weight and Isp, using the finert of that rocket to re-calculate m0, and 

repeating this process with the new m0. This continues until the “new m0” is relatively similar to the “old m0” 

(typically within 10%). 

Figure 11. Percentage of Delta-v by Stage. 
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𝑣𝑒 =  𝑔0𝐼𝑠𝑝  (24) 

 

𝑚𝑝𝑟𝑜𝑝 =
𝑚𝑝𝑎𝑦(𝑒

∆𝑣
𝑣𝑒−1)(1−𝑓𝑖𝑛𝑒𝑟𝑡)

1−𝑓𝑖𝑛𝑒𝑟𝑡𝑒
∆𝑣
𝑣𝑒

  (25) 

 

𝑚𝑖𝑛𝑒𝑟𝑡 =  
𝑚𝑝𝑎𝑦𝑓𝑖𝑛𝑒𝑟𝑡(𝑒

∆𝑣
𝑣𝑒−1)

1−𝑓𝑖𝑛𝑒𝑟𝑡𝑒
∆𝑣
𝑣𝑒

  (26) 

 

𝑚0 =  𝑚𝑝𝑟𝑜𝑝 + 𝑚𝑖𝑛𝑒𝑟𝑡 + 𝑚𝑝𝑎𝑦  (27) 

 

We then wrote a python Function (9) that, given payload mass, Delta-v, and Isp, determines the inert mass 

fraction, mass values, and cost of a rocket by calling Function (7). Cost is calculated using Eq. (28). 

 

𝑐𝑜𝑠𝑡𝑟𝑜𝑐𝑘𝑒𝑡 = 20𝑚𝑝𝑟𝑜𝑝 + 500𝑚𝑖𝑛𝑒𝑟𝑡,𝑠𝑜𝑙𝑖𝑑−𝑏𝑎𝑠𝑒𝑑 +  1000𝑚𝑖𝑛𝑒𝑟𝑡,𝑙𝑖𝑞𝑢𝑖𝑑−𝑏𝑎𝑠𝑒𝑑  (28) 

 

 Each of these functions is designed to analyze a single-stage rocket. In order to analyze our two-stage rocket, 

we wrote a final function. Function (10) accepts as input payload mass, total Delta-v required, propellant/Isp for each 

stage, and an initial guess for the inert mass fraction x, and calculates the optimal Delta-v split and resultant rocket 

characteristics. This is achieved by treating each stage as a single-stage rocket, with the payload of the second stage 

being equal to the final payload mass, and the payload of the first stage equal to the initial mass of the second stage. 

 By feeding different propellant combinations to Function (10) for a given Delta-v, we were able to determine 

the rough characteristics of our rocket for various propellant combinations. This is how we decided what propellants 

and engines to use. 

 

F. Determining Propellants and Engines 

 Using the propellant options discussed in sub-section C, we obtained twelve possible propellant combinations. 

For the first stage, we considered APCP, N2O2/UDMH, LOx/Kerosene, and LOx/LH2. For the second stage, we 

considered only the latter three propellants. This is because the second stage contains our orbital maneuvering 

system, meaning it must be capable of throttling down upon reaching orbit and later throttling up to perform the 

deorbit burn. Because APCP is a solid propellant, the second stage would be incapable of throttling if it used APCP.  

We then assumed a constant Delta-v of 8 km/s and fed each of these twelve combinations into Function (10) to 

obtain the resultant rocket characteristics. To account for the difference in altitude, we used sea-level Isp These 

would not be our final characteristics – we were fully aware that our Delta-v would most likely not be equal to 

exactly 8 km/s. However, this allowed us to compare each propellant combination in terms of the minimum initial 

mass of the rocket that would be required to achieve our mission with that propellant combination. 

Table 10. Initial rocket mass for various propellant combinations at a constant Delta-v. 

  First Stage 

Propellant 

APCP N2O4/UDMH LOx/Kerosene LOx/LH2 

  Sea-Level 

Isp (s) 

242 285 300 391 

Second Stage 

Propellant 

Vacuum 

Isp (s) 

Initial 

Rocket 

Mass (kg) 

    

N2O4/UDMH 333  79,800 61,100 59,100 41,400 

LOx/Kerosene 353  75,500 62,500 55,900 35,900 

LOx/LH2 451  31,600 33,800 30,300 29,400 
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It should be noted that, because our software draws on data from existing rockets rather than performing more 

advanced calculations, there some degree of error is to be expected. However, the general trends in our results 

seemed reasonable, with the mass of the rocket decreasing as more powerful propellants are used. 

Determining the optimal propellant combination involved the consideration of many factors. One option was to 

simply seek the cheapest rocket – however, this ignores other very important factors, such as the complexity of 

storing and transporting cryogenic propellants and the effect of our rocket’s mass on the cost of our overall system. 

Another option was to choose the safest rocket – but a rocket that is incredibly safe and incredibly expensive is not 

the best solution. 

After much discussion, we conclude that the best approach would be to select what seems like the most 

reasonable propellant combination, use this combination of propellants to calculate the characteristics of our rocket-

aircraft system, use this to calculate the cost of our entire system, and then compare that cost to rough cost estimates 

for other propellant combinations to see if that combination results in the best balance between cost, simplicity, and 

reliability. Cost is by far our most important factor in our decision, with reliability and simplicity being of less 

importance. We considered analyzing factors such as environmental impact and worker safety (particularly with 

regard to the toxicity of UDMH). 

We decided to begin this process by selecting the N2O4/UDMH propellant for our first stage, and LOx/LH2 for 

our second stage. This combination seemed reasonable for multiple reasons, First, this combination results in a 

relatively low rocket mass compared to most other combinations – while this does not necessarily make our rocket 

cheap, it does allow our plane to be lighter, resulting in a lower cost to our overall system. Second, N2O4/UDMH is 

an easily stored liquid propellant, making it ideal for use in missions such as this. Of course, LOx/LH2 is not at all 

easy to store, and requires a far more complex system – but our intuitions told us that the large decrease in rocket 

mass offered by LOx/LH2 might decrease the overall cost of our system enough to counteract these drawbacks. 

Once we had decided to analyze this combination of propellants, used a combination of Function (4), Function 

(11), and Function (10) to calculate the characteristics of our entire system. This was achieved by estimating an 

initial mass for our system (aircraft and rocket combined at takeoff), using this mass to calculate the characteristics 

of the aircraft, using the aircraft’s service ceiling (the altitude at launch) and minimum velocity at service ceiling 

(the “free Delta-v” from the aircraft) to calculate the required Delta-v of our rocket, using this Delta-v to re-calculate 

the initial mass of the rocket, using the mass of our rocket to calculate the initial mass for our system, and repeating 

this process until the mass of the system converged to a single value. Once the characteristics of our system had 

been calculated, we ran a function to calculate the total cost of our system (Function (12)) using the following Eq. 

(28) and Eq. (29). 

 

𝑐𝑜𝑠𝑡𝑎𝑖𝑟𝑐𝑟𝑎𝑓𝑡 = 1000𝑚𝑓𝑢𝑒𝑙 + 10000𝑚𝑖𝑛𝑒𝑟𝑡  ($), (𝑚 in kg)  Eq. (29) 

 

 Once these calculations were complete, we calculated rough estimations of the cost of our system with other 

propellant combinations by assuming the total Delta-v of our rocket remained constant amongst various propellant 

options. Clearly, this is not actually true – by changing the propellants, we change the mass of our rocket, which 

effects the mass of the aircraft, which effects the launch altitude and minimum launch velocity, which effects the 

Delta-v of the rocket. However, the purpose of this process was not to determine the exact cost of our system for 

every possible propellant combination – this would have taken a great amount of time. Rather, this was intended to 

provide us with a rough idea of the relative cost of various propellant combinations – which combinations are more 

expensive than others, and to what degree. This process yielded the following results. The bolded cost is the cost of 

the N2O4/UDMH and LOx/Hydrogen combination that we calculated; the other costs are rough estimates. Note that 

costs are given in millions of dollars. In the circle plot, a larger circle correlates to a larger total cost. 

 

Table 11. Estimated system cost for various propellant combinations 

  First Stage 

Propellant 

APCP N2O4/UDMH LOx/Kerosene LOx/LH2 

  Sea-Level 

Isp (s) 

242 285 300 391 

Second Stage 

Propellant 

Vacuum 

Isp (s) 

System Cost 

(USD) 
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N2O4/UDMH 333  $2,250m $1,660m $1,490m $769m 

LOx/Kerosene 353  $2,090m $1,470m $1,320m $974m 

LOx/LH2 451  $1,050m $864m $731m $754m 

 

 

 
Figure 12. Estimated system cost for various propellant combinations 

 

 After some discussion, we concluded that these results confirmed our intuitions that the best propellant 

combination consisted of N2O4/UDMH for the first stage, and LOx/Hydrogen for the second stage.  

Our system must be capable of taking off from any continental air force base; this implies that our system will 

need to be transported to various locations. Additionally, the nature of this mission (the delivery of supplies to 

military operations and nations in crisis) implies a sense of urgency, which leads us to believe our system should be 

capable of launching without a great amount of prior scheduling. For these reasons, we concluded that it would not 

be feasible to use cryogenic propellants for both stages of the HORSE. This is due to the difficulty of storing and 

transporting cryogenic propellants, as well as the increased complexity our system would require if it were to rely 

entirely on cryogenic propellants. 

We determined that the most reliable rocket would most likely use APCP for the first stage and N2O4/UDMH 

for the second stage. However, we also concluded that the use of cryogenic propellant for one of the stages could be 

justified if this resulted in an extreme decrease in cost. Our results demonstrate that this is the case. If our first stage 

were to use N2O4/UDMH propellant (which results in a significantly cheaper total cost than APCP in all cases), 

then switching from N2O4/UDMH propellant to LOx/Hydrogen propellant in our second stage would result in a 

massive decrease in cost – nearly cutting the cost in half. This is a far more significant cost difference than that 

offered by LOx/Kerosene on the second stage. As a result, we determined that this sequence of propellants is indeed 

the optimal sequence. 

One may notice that, according to our estimates, an even lower cost may be offered by using LOx/Hydrogen on 

the first stage and N2O4/UDMH on the second. However, these numbers are mere estimates, and the difference is 

relatively modest. Moreover, the vacuum Isp of LOx/Hydrogen propellant is much far higher than the Isp at sea-level 

– this difference is greater than for any other propellant we researched. Thus, in order to maximize the benefit of 

LOx/Hydrogen propellant, we determined that it is best to use this propellant on our second stage. Clearly a more 

detailed analysis would be ideal; but we determined we would not be able to accurately perform such an analysis 

within our timeframe. 

Of course, N2O4/UDMH propellant also has its drawbacks. As mentioned in Section III-C, UDMH is very toxic, 

so workers would be accepting some amount of risk when dealing with it. This is also a hypergolic propellant, which 

increases the risk of accidental ignition. At the same time, however, this simplifies the ignition mechanism of the 

first stage. After some discussion, we concluded that these drawbacks were minor in comparison to the benefit from 

the reduced cost of our system. 

Our final design for the HORSE has the following characteristics. 
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Table 12. Final HORSE Specifications 

First Stage Second Stage 

Propellant N2O2/UDMH Propellant LOx/LH2 

Isp (s) 285 Isp (s) 451 

Propellant Mass (kg) 20,000 Propellant Mass (kg) 7.070 

Inert Mass (kg) 1,740 Inert Mass (kg) 1,220 

Initial Mass (kg) 32,100 Initial Mass (kg) 10,300 

Inert Mass Fraction 0.08 Inert Mass Fraction 0.1475 

Percentage of Delta-v 32.9% Percentage of Delta-v 67.1% 

Engine 8D43 Engine RL-10-B-2 

Cost (Entire Rocket) $3,520,000.00 Cost $1,370,000.00 

 

We chose our engines based off of the 

propellants we were using, the calculated  

inert masses (the empty mass of a stage  

must be less than the calculated inert mass  

of that stage), and the thrust of the engines  

(an engine must produce thrust greater than  

the initial weight of its stage). We settled  

on the 8D43 engine for the first stage and  

the RL-10-B-2 engine for the second stage.  

Both of these engines are capable of  

gimbal, which increases the stability of our  

rocket. The 8D43 engine produces 559 kN 

of thrust with a burn time of 115 s27. The 

RL-10-B-2 engine produces 110 kN 

of thrust with a burn time of 700 s28.

         

G. Control Surfaces 

 The HORSE was also designed to feature control 

surfaces: 

two tail fins and a vertical stabilizer to provide stability and a  

delta wing to assist the rocket in pitching up immediately after  

it is dropped from the aircraft and ignited. This design is 

greatly inspired by the Pegasus series of rockets. These 

control surfaces are all located on the first stage of the rocket;  

this allows their mass to be dropped from the rocket when the 

second stage separates, after which the rocket will be on the 

correct trajectory and control surfaces will no longer be 

necessary. 

 

 

 

IV. Orbital Systems 
 

A. Desired Inclination of Orbit 

Because there are multiple locations that may be in need of aid, a single, constant value is not available for 

the inclination of the orbit. Rather, the orbit inclination must be determined on a mission-by-mission basis, 

depending on the final destination for the payload. In order to ensure the successful delivery of the payload, the 

ground track of the orbit must align with the location receiving aid. 

 Any ground track with a given inclination will eventually pass over every point within that inclination, unless 

the ground track’s shift (the angle by which the ground track changes in longitude at the equator with each pass) is a 

Figure 13. The 8D43 Engine27 Figure 14. The RL-10-B-2 

Engine28 

Figure 15. A preliminary CATIA model of the HORSE 
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perfect factor of 360 degrees. However, our spacecraft cannot spend more than 24 hours in orbit. We analyzed our 

orbit using the following equations. 

 𝑃 =  
2𝜋𝑎

√𝜇
  (30) 

  ∆ =
𝑃

𝑅
 (31) 

 From Eq. (30) and (31), orbital period was determined to be 1.543 hours, and orbital shift was determined to be 

23.145 degrees. Although the orbital shift is not an exact factor of 360 degrees, this alone does not guarantee that the 

ground track will pass over any given location within 24 hours in orbiting.  

We established two possible methods to ensure the orbit passes over a desired location. The first option was 

to launch due east and perform a plane change maneuver. However, because plane change maneuvers generally 

require a large amount of Delta-v, and thus a large amount of extra propellant, we concluded this would not be the 

optimal method. The second option was to launch our rocket at an azimuth that ensures that the ground track will 

pass over the delivery point. However, the launch point of our rocket will vary depending on the mission and what 

Air Force Base our system must depart from. Thus, our ground track must pass over the target location no matter 

what point it is launched from. From our orbital period, we know that in order for the spacecraft to spend fewer than 

24 hours in orbit, this must occur within fourteen passes. Examples of such ground tracks will be presented in the 

following section. 

For example, our system may be required to deliver its payload to the Syrian city of Aleppo due to its 

central position in the Syrian Civil War40. Aleppo has an altitude of approximately 36 degrees and a longitude of 

approximately 37 degrees2. Therefore, the orbit must have an inclination of at least 36 degrees; but this alone will 

not ensure that the ground track passes over Aleppo within 24 hours. In order to ensure this, a function must be 

derived that, given the latitude and longitude of a launch site and the latitude and longitude of the delivery location, 

is able to calculate the minimum azimuth such that the orbit will pass over the delivery location within 24 hours. 

This function will be detailed in a later report due to its complexity. 

 

B. Mercator Projection Ground Tracks 

 As mentioned in the previous sub-section, the orbit of the Orbital 

Maneuvering System depends on a couple of factors. First, the launch site, 

delivery site and the orbital period of approximately 1.53 hours are known. From 

there, a specific orbital trajectory can be calculated by varying the launch azimuth 

to construct a circular orbit between the two sites. The launch azimuth must be 

calculated for each launch to achieve the precise inclination required for the 

OMS. This azimuth would depend on which air force base the USDS aircraft 

takes off from and the latitude of the rocket launch site. Figure 16 depicts the 

azimuth angle of an arbitrary launch relative to the orbital trajectory.  

For the figures produced, an inclination of 60 degrees was 

applied, but this value could be changed on a case by case 

basis depending on what azimuth created a trajectory that 

minimized delivery time. An example ground track with 

minimized delivery time is depicted by Figure 17 where the 

USDS SEA aircraft takes off from an easterly air force 

base, launches the HORSE rocket 500 nautical miles off of 

the east coast that then delivers the OMS to a 400 kilometer 

orbit that then delivers humanitarian aid to Aleppo, Syria 

within one orbital period. The longitudinal difference 

between the launch site and delivery site in this case is 

approximately 105 degrees, and given the orbital period of 

1.53 hours, the time from launch to deorbit for this specific 

orbit would be approximately 30 minutes. Orbits with such 

Figure 16. Azimuth and Launch 

Trajectory 

Figure 17. Ground Track for Minimum 

Delivery Time 



Page 19 

 

short launch to delivery times could be constructed for any USDS SEA aircraft takeoff location, varying only the 

azimuth of the HORSE rocket launch and therefore inclination.  

In cases where such a short time is unfeasible,  

the rocket could launch at an azimuth that allows the OMS to orbit the Earth anywhere from one to fifteen times 

(maximum number of orbits in 24 hours given the orbital period of the OMS) before deorbit/delivery. After a certain 

number of orbits, the ground track could intersect the target site due to the orbital shift described by Eq. (31). An 

example to illustrate this ground track is depicted by Figure 18, which shows a possible launch from off of the coast 

of Washington to delivery at Aleppo. The OMS would reach orbit, complete three complete orbits of the Earth, and 

then on the fourth perform the deorbit maneuver and deliver the aid to Aleppo. For three complete orbits and 

approximately 217 degrees of a fourth orbit given a longitude of 37 degrees east for Aleppo, the total time from 

launch to deorbit/delivery would be a realistic 5.6 hours. 

 

C. Orbital Maneuvering System (OMS) 

 

The purpose of the orbital maneuvering system, 

henceforth referred to as the OMS, is to perform a deorbit 

burn that results in the delivery of the payload orbit to a specific location on Earth. We determined that this would 

be performed through a Hohmann transfer for which the “final orbit” is the surface of the Earth (as noted previously, 

our calculations assume that the Earth is perfectly spherical in shape and mass distribution). We made this decision 

because a Hohmann transfer is the most efficient way to maneuver between two coplanar orbits of different radii, 

which minimizes our cost. 

 We did consider a different method of transfer, in which the spacecraft would be immediately slowed to a stop 

as soon as its ground track intersected with the delivery location, causing the spacecraft to immediately fall straight 

to Earth and resulting in an expedient delivery. However, we quickly realized that this maneuver would require a 

much larger Delta-v: because the spacecraft is traveling at 7.669 km/s in orbit, bringing it to a complete stop would 

require a Delta-v of 7.669 km/s in the opposite direction, resulting in a total Delta-v that is nearly double the Delta-v 

required to reach orbit. This would substantially increase the cost of 

our system with relatively little benefit. 

 We also considered performing a Hohmann transfer to a smaller 

orbital radius – in other words, a Hohmann transfer for which the 

second circular orbit is inside the Earth, causing the spacecraft to 

intersect with the Earth’s surface at a closer point. Similar to the 

previous method, this would result in a faster delivery; however, 

also similar to the previous method, this would require a higher 

Delta-v. Ultimately, we calculated that the smallest Delta-v resulted 

from a Hohmann transfer in which the second orbit has a radius 

equal to that of the Earth. This is demonstrated by the plot in Figure 

18, created by a python Function 13 that by using Eq. (32) and (33). 

 

𝑣 =  √
𝜇

𝑟
 (32) 

 

 𝜀 =  −
𝜇

2𝑎
 (33) 

 

 We calculated the minimum Delta-v to perform this deorbit burn to be approximately 0.1175 km/s. As 

discussed earlier, we concluded based on this deorbit burn that our OMS would be integrated into the second stage 

of our rocket. 

 This deorbit burn must occur at a specific point in the orbit in order to intersect with the delivery location. Our 

initial decision was to perform the deorbit burn at a longitude exactly 180 degrees apart from the longitude of the 

delivery location. Because the point of the deorbit burn serves as the apoapsis of the transfer orbit, and the spacecraft 

Figure 18. Ground Track for West Coast Launch 

Figure 19. Possible Hohmann transfers 

to deliver payload 
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will intersect with the Earth at the periapsis of the transfer orbit (which is opposite the apoapsis), then it is logical to 

conclude that the deorbit burn should be performed “opposite” the desired landing point.  

However, we quickly realized that this line of reasoning assumes the spacecraft’s trajectory is unchanged on its 

entire path to the Earth’s surface. In reality, the spacecraft will experience orbital decay due to atmospheric drag 

while entering the Earth’s atmosphere. This will slow the spacecraft, causing it to intersect the Earth at some point to 

the west of its target. In order to account for this, our transfer orbit must intersect with the Earth at some point 

slightly beyond the desired delivery location. Drag will then slow our spacecraft as it re-enters the atmosphere, 

resulting in the successful delivery of the payload. In order to determine to what extent the transfer orbit must 

overshoot Aleppo (and, thus, at what exact point the deorbit burn must occur), we must perform re-entry 

simulations. These simulations, along with the re-entry and landing systems (included in the craft’s 2,000kg 

payload) will be detailed in a later report due to their complexity. 

 

V. Conclusion 

 The SEA-HORSE is not a perfect system, however, Orbital IDK believes that our design process has balanced 

the benefits and drawbacks of various options to produce the optimal system for the mission presented by DARPA. 

In the future, the SEA-HORSE will be further improved through the detailed collection of atmospheric values at 

various Air Force Bases; more advanced calculations with regards to the aerodynamics and thrust-vectoring 

capabilities of the SEA (the aircraft); a more thorough analysis of rocket propellant combinations in the HORSE (the 

rocket); and a series of deorbit simulations for the OMS. If selected, the SEA-HORSE will take part in many 

missions to deliver essential military supplies and humanitarian aid across the Earth. 
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Appendix 

Appendix A: Existing Rocket Data29 
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Appendix B: Python Functions 

1. Calculates takeoff distance for aircraft 

2. Calculates landing distance for aircraft 

3. Calculates service ceiling of aircraft 

4. Calculates characteristics of aircraft (mass, service ceiling, minimum velocity at service ceiling, takeoff 

distance, landing distance) 

5. Calculates optimal mass fractions for three-stage rocket 

6. Creates a plot of initial mass as a function of mass fractions for each stage of three-stage rocket 

7. Calculates rocket mass 

8. Iterates through existing rocket data until mass values converge to find initial mass 

9. Calculates rocket characteristics (inert mass fraction and mass values) 

10. Calculates optimal mass fraction for two-stage rocket and characteristics (inert mass fraction, mass values, 

cost) of each rocket stage 

11. Calculates Delta-v of entire rocket from launch altitude 

12. Calculates total cost of system 

13. Calculates Delta-v required for deorbiting Hohmann transfer and creates plot of Delta-v vs second orbit 

radius 
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Appendix C: Air Force Base Data & Miscellaneous Aircraft Data 
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